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1
AIRCRAFT PANEL STRUCTURE AND
AIRCRAFT PANEL STRUCTURE
MANUFACTURING METHOD FOR
ALLEVIATION OF STRESS

RELATED APPLICATION

This application claims priority to GB Application No.
1020152.3, filed 29 Nov. 2010, the entire contents of each of
which are hereby incorporated by reference.

BACKGROUND OF INVENTION

The present invention is concerned with an aircraft panel
structure and manufacturing method for the alleviation of
stress. In particular, the following invention is concerned with
an aircraft panel structure and manufacturing method for the
alleviation of stress between two joined panels having difter-
ent thermal expansion coefficients.

In aircraft design it is common to attach two panels having
different thermal expansion coefficients. Such panels are
often constructed from different materials such as composite
and metal materials. If two such panels are joined at two
discreet, spaced fastening points along their length, a
decrease in temperature (as the aircraft ascends) will result in
a different level of contraction between the fastening points
for each material. This induces significant undesirable
stresses in the materials and also in the fastening means (e.g.
bolts).

Traditionally this problem has been alleviated with the use
of clearance fixed bolts, however the use of such bolts reduces
the joined components’ resistance to fatigue and conse-
quently the components have to be made larger and heavier in
order to account for this reduction. This is undesirable.

SUMMARY OF INVENTION

It is an aim of the present invention to overcome or at least
alleviate the above problem.

According to a first aspect of the invention there is provided
an aircraft panel assembly comprising a first panel con-
structed from a first sheet material having a first thermal
expansion coefficient, the first panel comprising a first face, a
second panel constructed from second sheet material having
a second thermal expansion coefficient different to the first
thermal expansion coefficient, the second panel comprising a
second face facing the first face, the first and second panels
being joined at a first discrete fastening point and a second
discrete fastening point, the fastening points being connected
by a first notional panel join line describing the shortest
distance between the fasteners along the first face, and a
second notional panel join line describing the shortest dis-
tance between the fasteners along the second face, in which
the first panel comprises a stress relief feature between the
fastening points such that the first notional panel join line
diverges from, and converges with, the second notional panel
join line.

According to a second aspect of the invention, there is
provided a method of manufacturing an aircraft panel assem-
bly comprising the steps of providing a first panel constructed
from a first sheet material having a first thermal expansion
coefficient, the first panel comprising a first face and defining
a stress relief feature, providing a second panel constructed
from second sheet material having a second thermal expan-
sion coefficient different to the first thermal expansion coef-
ficient, the second panel comprising a second face facing the
first face, joining the first and second panels at a first discrete
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fastening point and a second discrete fastening point, such
that the fastening points are connected by a first notional
panel join line describing the shortest distance between the
fasteners along the first face, and a second notional panel join
line describing the shortest distance between the fasteners
along the second face, and such that the first notional panel
join line diverges from, and converges with, the second
notional panel join line at the stress relief feature.

By providing diverging and converging join lines, the load
path along the first face is made longer and therefore the first
panel can safely deform by a higher degree than if it were flat.

SUMMARY OF THE DRAWINGS

An example aircraft structure and manufacturing method
will now be described with reference to the accompanying
drawings in which:

FIG. 1 is a perspective view of an aircraft panel assembly
according to the present invention;

FIG. 1 ais a cross-section of the panel assembly of FIG. 1;

FIG. 2 is an exploded cross-section of the panel assembly
of FIG. 1;

FIG. 3 is a perspective view of a second embodiment of a
panel assembly in accordance with the present invention; and

FIG. 4 is an exploded perspective view of the panel assem-
bly of FIG. 3.

DETAILED DESCRIPTION OF THE INVENTION

Referring to FIG. 1, there is provided a part of an aircraft
wing comprising a composite cover piece 10 and a metallic
wing spar 12 for connection thereto. The cover piece 10
comprises a generally curved cover plate 13 having a down-
wardly depending straight flange 14 defining a plurality of
through bores 16. The flange 14 has a free edge 15 opposite
the plate 13, and a face 17.

The spar 12 is constructed from metallic material and com-
prises a panel section 18 having a depending flange 20, a first
edge 21 thereof, and a plurality of through bores 22 at a
second opposite edge 23. It will be noted that the through
bores 22 are spaced by the same distance as a through bores
16 in the flange 14 of the cover 10. The panel section 18
defines a further face 19.

Between each of the through bores 22 there is provided a
corrugation or bead 24 which comprises an out of plane
deformation of the panel 18. As will be seen in FIGS. 14 and
2, the corrugations 24 are curved in nature to avoid any stress
concentrations in the material. Such features can be press-
formed or machined.

Each corrugation or bead 24 has three circle-segment por-
tions 24a. 245, 24¢ as shown in FIG. 2. Portions 24a and 245
are joined with the panel 18 either side of the portion 24¢. The
portions 24a and 245 form smooth transitions with the panel
18 and describe approximately 45 degree circle-segments
with their origins on a side of the panel 18 opposite flange 14.
The intermediate segment 24¢ describes an approximately 90
degree circle-segment adjoining segments 24a and 245 in a
smooth transition. The intermediate circle-segment origin is
towards the flange 14.

Each corrugation or bead 24 tapers to a flat surface from the
second edge 23 towards the first edge 21.

Referring to FIG. 2, the faces 17, 19 face each other and are
in abutment at the bores 16, 22. A first notional join line,
flange path FP defines the shortest distance along the face 17
between the centres of adjacent bores 16. A second notional
join line, spar path SP defines the shortest distance along the
further face 19 between adjacent bores 22. It will be noted that
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due to the curvature of the bead 24, the spar path SP is
somewhat longer than the flange path FP. In other words, the
spar path SP diverges from, and converges with, the flange
path FP. Therefore the spar has the ability to elastically
deform between the bores 22 by a greater degree than if it was
a flat panel. Therefore, upon cooling (or heating), the tensile
load between the bores 22 applied by the relative contraction
(or exapansion) of the flange 14 can be absorbed by a “flat-
tening” of the bead 24 without a significant increase in stress
in the spar 12.

One of the beads 26 is longer than the other beads and runs
further towards the flange 20 in order to provide a stiffening
effect on the component 12.

Referring to FIG. 3, an alternative arrangement is shown in
which a panel assembly comprises a composite cover panel
100 and a metal spar 112 in which common features with the
aforementioned embodiment are 100 greater. Instead of the
out of plane corrugations 24,26 as shown in FIGS. 1 and 2, the
spar 112 comprises a u-shaped cut out 150 between each of
the through bores 122.

It will be noted that again, the spar path SP is somewhat
longer than the flange path FP.

In both of the above embodiments the thermal expansion
coefficient of the composite material making up the cover 10,
100 is lower than that of the metallic spar 12, 112.

Therefore, as the components are cooed, the cover 10, 100
will shrink by a given amount. A similar, although greater
effect will also be experienced by the metallic spar 12, 112.
Therefore the panel 18 will try to shrink by a larger amount
than the flange 14. Stresses which would otherwise be created
by this difference are alleviated by the fact that the spar
components 12, 112 can elastically deform by flattening out
the corrugations 24, 26 or alternatively by pulling apart the
opposing faces of the u-shaped formations 150. In effect, by
allowing the components 12, 112 to elastically deform by a
greater degree by providing a longer load path, high stresses
in that component are alleviated. In other words, the corru-
gations 24, 26 or the u-shaped formations 150 absorb the
additional shrinkage caused by the difference in thermal
expansion coefficients.

Variations in the above embodiments may fall within the
present invention.

For example, any type of fastener such as rivets or spot
welds can be used instead of bolts. Any suitable shape may be
used in place of the corrugations or u-shaped cut outs (cas-
tellations) mentioned in the above embodiments.

Furthermore, the stress relieving features may be provided
in both components and are dimensioned appropriately bear-
ing in mind the relative thermal coefficients of expansion.

The invention claimed is:

1. An aircraft panel assembly comprising:

a first aircraft panel formed of a first sheet material having
a first thermal expansion coefficient, the first aircraft
panel comprising a first face;

a second aircraft panel formed of a second sheet material
having a second thermal expansion coefficient different
from the first thermal expansion coefficient, the second
aircraft panel comprising a second face facing the first
face,

the first and second aircraft panels joined at a first discrete
fastening point by at least one fastener and at a second
discrete fastening point by another fastener,

the first and second discrete fastening points aligned along
a first notional panel join line defining the shortest dis-
tance between the fasteners along the first face, and a
second notional panel join curvilinear line describing
the shortest distance between the fasteners along the
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second face, wherein the second notional panel join
curvilinear line is longer than the first notional panel join
line,

a stress relief feature is formed by the second notional
panel join curvilinear line diverging from the first
notional panel join line between the first and second
discrete fastening points, and the second notional panel
join curvilinear line converges to the first notional panel
join line at each of the first and second discrete fastening
points, and

wherein said first aircraft panel comprises a structural com-
ponent of an aircraft and said second aircraft panel com-
prises an aircraft skin or a second structural component
of the aircraft.

2. An aircraft panel assembly comprising:

a first aircraft panel constructed from a first sheet material
having a first thermal expansion coefficient, the first
aircraft panel comprising a first face,

a second aircraft panel constructed from a second sheet
material having a second thermal expansion coefficient
different from the first thermal expansion coefficient, the
second aircraft panel comprising a second face facing
the first face,

the first and second aircraft panels being joined at a first
discrete fastening point by at least one fastener and at a
second discrete fastening point by another fastener,

the first and second discrete fastening points being con-
nected by a first notional panel join line describing the
shortest distance between the at least one fastener and
the another fastener along the first face, and a second
notional panel join line describing the shortest distance
between the fasteners along the second face, wherein
said first notional panel join line is shorter than said
second notional panel join line,

in which the first aircraft panel comprises a stress relief
feature between the fastening points, wherein the stress
relief feature includes the second notional panel join line
diverging from the first notional panel join line between
the first and second discrete fastening points and con-
verges with the first notional panel join line at each of the
first and second discrete fastening points, and

in which said first aircraft panel comprises a structural
component of an aircraft and said second aircraft panel
comprises an aircraft skin or a second structural compo-
nent of the aircraft.

3. The aircraft panel assembly according to claim 2,
wherein said first aircraft panel comprises a metal aircraft
spar and the second aircraft panel comprises a composite
aircraft cover.

4. The aircraft panel assembly according to claim 2,
wherein said stress relief feature enables elastic deformation
of said second aircraft panel.

5. The aircraft panel assembly according to claim 2 in
which the stress relief feature is configured such that the first
notional join line diverges out of a generally smooth surface
defined by the first aircraft panel.

6. The aircraft panel assembly according to claim 5 in
which the first aircraft panel stress relief feature tapers out
along the generally smooth surface of the first aircraft panel
moving away from the fastening points.

7. The aircraft panel assembly according to claim 5 in
which the generally smooth surface is planar.

8. The aircraft panel assembly according to claim 5, in
which the first aircraft panel stress relief feature is curved in
cross-section.
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9. The aircraft panel assembly according to claim 8 in
which the first aircraft panel stress relief feature is a corruga-
tion.

10. The aircraft panel assembly according to claim 2 in
which the stress relief feature is configured such that the first
notional join line lies on a generally smooth surface defined
by the first aircraft panel.

11. The aircraft panel assembly according to claim 10 in
which the stress relief feature is a cut-out in an edge of the first
aircraft panel.

12. The aircraft panel assembly according to claim 11 in
which the cut-out is U-shaped.

13. The aircraft panel assembly according to claim 2,
wherein said stress relief feature is an out of plane deforma-
tion of one of said first and second sheets comprising one of
a corrugation and bead between said at least one fastener and
said at least another fastener.

14. The aircraft panel assembly according to claim 13,
wherein said first aircraft panel comprises a metal aircraft
spar and the second aircraft panel comprises a composite
aircraft cover.

15. The aircraft panel assembly according to claim 2,
wherein said stress relief feature is a U-shaped cutout in one
of said first and second sheets between said at least one
fastener and said at least another fastener.

16. The aircraft panel assembly according to claim 15,
wherein said first aircraft panel comprises a metal aircraft
spar and the second aircraft panel comprises a composite
aircraft cover.

17. A method of manufacturing an aircraft panel assembly
comprising the steps of:
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providing a first aircraft panel constructed from a first sheet
material having a first thermal expansion coefficient, the
first aircraft panel comprising a first face, said first face
including at least one stress relief feature,

providing a second aircraft panel constructed from a sec-
ond sheet material having a second thermal expansion
coefficient different from the first thermal expansion
coefficient, the second aircraft panel comprising a sec-
ond face facing the first face,

joining the first and second aircraft panels at a first discrete
fastening point by at least one fastener and at a second
discrete fastening point by at least another fastener, such
that the fastening points are connected by a first notional
panel join line describing the shortest distance between
the at least one fastener and the another fastener along
the first face, and a second notional panel join line
describing the shortest distance between the fasteners
along the second face, and such that the first notional
panel join line diverges from the second notional panel
join line, converges with the second notional panel join
line at each of the first and second discrete fastening
points and diverges from the second notional panel join
line between the first and second discrete fastening
points, wherein the divergence forms the stress relief
feature,

wherein said first notional panel join line is shorter than
said second notional panel join line, and

wherein said first aircraft panel comprise a structural com-
ponent of an aircraft and the second aircraft panel com-
prises an aircraft skin of a structural component of the
aircraft.



